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NATIONAL ADVISCRY CCMMITTEE FOR AERCGHATUTICS

TECENICJAL NOTE NO, 1179

NOTES ON TEE THECRETICAL CHARASTERISTICS OF
T70-DIWENSIONAL SUPERSOWIC AIRFOTLS

By He Reess Ivey

SUMMARY

The shook-expansion method of NACA TN Wo. 11Lh3 was used
to determine the vrincival aerodynamic characteristics of
two~-dimensional supersoric airfoils. A discussion is given
of the effect of thickness ratio, free-stream dach number,
angle of attack, camber, thickness distribution, &and esileron
deflection. The calculations indicatec that the minimum
drag of supersonic airfoils is obtained whex the maximum
thiokness is behind the 0.50 chord. The ceater of pressure
obteined for a symmetrical superceonic airfoil was found to
be ahead of the 9.53 chord.

INTRODUCTION

The cheracteristics of thin airfoils moving at supersonic
spezds ars determined in reference 1 by Ackeret's thin-airfoil
theory. In this msethod, the local stutic vressure is assumed
to vary linearly with the angle hetween the free-stream
direction end the local alrf011 surface. This assumption
vrecludes any effect of cewbsr on 1ift and locetes the center
of nressure of an uncambered airfoil at the midchord.

The reletions for flow mcross shock waves are presented
in reference 2. Reference 3 oombines these shock equations
with Meyer's exvansion equations (see reference i) and presents
a graphical way of calculating a second-order avnnroximation
to the characteristics of thin sharp-nose airfoils at super-
sonic speads. The vpresent papsr uses the shock-sxnansion
method of referencs 3 to determine some interesting effects
of thickness ratio, free-stream Mech number, angle of attack,
cember, thicknese distribution, and sileron deflection.
Swept-beck Wings are not considered hercin as they are of.
sufficient intersst to justify a separete report.
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SYWBOLS

M kach number
p static vrescsure
q dynsmic vressure
a anpgle of attack of airfoil ) T —
cZ section 1lift coefficient
3 section drag coefficlent . . B
S coefficient of section nitehing moment about airfoil

Ho midchord
t alrfoil thickness
c airfoil ohord
O alleron chord ;‘
& aileron deflection : ' =
Subscripts: _ . I
0 free stream |
1 upver leading surfuce -
2 vpper trailing surface . ) . SR
3 lower leading surfacs
L lower trailing surfece

naxY maximunm

DISCUSSION

Airfoils experience an increased vressure drag at high
Mach numbers., This drapg increase can be minimized by the use
of thin airfoils with eharp leading edges. For this reason, . s
and also because theorsticul caleulutions arc more accurate
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for this type of eirfail, the wing sections considered herein
aere limited to fairly thin, sharr-nose airfoils having little
surfece curvature.

Center of nressure.~ Refercnce 3 has given the pressure
distribuiion «t M_= L the diemond-shape (symmetric double-
wedge) airfoil shown in figure 1. The nressure cosfficients
around this airfoil are given in, table I, as follows:

TABLE I.~ FRESSUEE COEFTIZIENTS

Lozation of surfece ' Pressure coefficient,

(sce fig. 1) P-Po

Qo
Upper leading ' -0.0169
Lower leading .0L16
Upper trailing -.5308
Lower trailing : .01E86

. {

A study of this table brings out many interesting points
on the charascteristics of surersonic airfoils. The 1lift of
the eirfoil is proportional to the diffsrence in the pressure
coefficients on the upper and lower surfaces of the airfoil,
For the leadingz half of the airfoil of figure 1, this difference
is

0.CL1é + 0.014 = 0.06585
For the treiling half of the airfoil the difference is
0.0%308 + 0.0188 = 0.2496

The significant result to be noted is that the front cf the
airfoil is carrying more than helf the 1lif%t and the ceanter

of pressure is found to be at the lj6-percent-chord position.

As ths suversonic Kach number is decreascd toward 1.0, the
center of pressure of thir diamond-shape airfoils approuachss

the 50-psrcent-chord position. As the supersocic Mach number

is increused. the center of pressure of thicker airfoils moves
forward. Figure 2 shows the variation of the center of pressure
of 8 S-percent-thick diemond-share airfoil with angle of attack
and Mech number. The actual shift in center of pressure depends
on the airfoil shape. For example, a wedge airfoil having its
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meximum thickness at the trailine edge will have its ccnter of
pressure at midchord &t all supersonic speeds provided that the
angle of attack is not sufficient to cause the shock wave to
separate fram the leading edree.

Trag coefficient.- Ia order to dstermine the actual
variation of drag, some allowance must be made for the viecous
skin friction. Theoretiocal work (reference 2) suggests that the
viszous drag cosfficient deorecases with increasing Rejynolds
aumber at supersonic smeeds. Homevcr, refersnce 5 shows that the
vigcous drag coofficient is almost unaffectad by changes in Mach
number or Reynolde number if the Roynolds number is very kigh.
For this reason the skin-friction drag cosffiolent based on wing
aren is considered herein to be constant at 0.00E0, whick is
aprroximately the value obtained for recert hiphly polisked
jet-rropelled fipghters; however, the rcsults are plotted in
such & wav that the reader oan easily adjust the curves to
corrs spond with the conditions in which he 1s intsrested. If
new information indicates that the variation of friction with
Mach number is aporeclable, the curves mhy be raised or loweroed
by the emount of the vuriation.

Fieure 3 shows the--variation of the drapg coefficient of
diamond~shape airfoils with thickness\ratic and free-stream
Mach number. Theo egravh shows that the drag coefficlents are
very high near a Mach number of 1.0 and the main part of
the drag then is preesure drag. At hirh'Mach numbers the shock
drag has decrsased in importance relative to skin friction.

It is seen thnt the Aokeret method (reference 1) gives almost
the same trends aos the shook-expansion method exceot that it
shows a less ranid variation of drag wita thiokness at high
Me.oh numbers than the wresent shock-exvansiom method. Ackeret's
method prediots lower wvressure increasss on the leading portion
of the alrfoil and higher pressure decreases on the trailing
portion than the method of combining the  shock and expension
relations.

The effect of the location of the :dximum thickness on
the drag coefficient for & S5-~percent-tlhick airfoil is shown
in figure L. This figure indioates that the optimum location
of maximum thiockness is close to the midshord position for
fairly low suprersonic speeds. At Nach nmumbsrs of & and above,
however, the optimum location seecms to ba near the trailing
edge, This condition is very different from that »redicted by
Ackeret's method where, by the nature of .his assumrtions, the
pressure distribution is symmetrical. Inm conneztion with airfoils
designed for an angle of attack other then zero it must be kert
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in mind that the optimum location of thickness on the upver and
lower surfaces will be different. )

Pigure 5 shows the effect of location of mexirmm thickness on
the drag of 1lQ-percent-thick airfoils. These airfoils shkow® en even
graater varistion from Ackeret's prsdiction than the 5-persent-
thick airfoils. This figure indicabes that the optimum position
for merximum thickness at a Mach number of 8 is at the trailing
edge. Actually, the flow at the treiling edge will break down
for this condition and form a turbulent wake of somewhat higher
pressure than thet calculated. This btreskdown of the theory for
the airfolls vith blunt trailing edges should make the experimental
drag less than the theoretical drag for this extreme condition.

Lift coefficient.~ In figure 6 the slope of the 1ift curve is
plotted as a function of frer-stream ¥ach number for three different

eirfoil thicknesses. At a ¥ach number slightly above 1 ths slope of ~ 7

the 1ift curve is aprroximotely egual to the cubnonic slope. The
slope of the 1lift curve drovs runidly, homever, with ihereasing iach
numbsrs The trend of the curvas is similur to the drug curve of
figure 3 except that the drag curve wes displaced upward & constant
emount by the skin frictiom. The thickness ratio of the airfoll
seems to have little effeat on the slope of the 1lift curve except

at high surerzonic Mach numbers {above L;). The thick sections

then have the highest slope. As might be expected, the caloulation
obteinrd by the shock-expansion method for airfoils of zero thick-
ness give results ideuntical with those given by Ackerect's method.

Lift-drag ratio.~ The affect of angle of attack and Mach
number on the characteristics of a 5-nercent-thick double-wedge
airfoil is ghown in figure 7. This figure shows that the 1lift
coefficient increases almost lirnearly with anglP of attack, and
the dray coefficient increases with smgle of attack in a marner
similar to the variatimn of tctal drag coefficiecnt for a comvolete
subsonioc winge«

The maximum lift-drag ratio oy/cy at a Mach number of 2 is
anproximately 6.92 at ¢, = 0.16 and a = L°. At a Mach number of L
the meximum ratio is 5.52 at oy = 0,08 and a = 59, The raximum
lift~drag ratio decreases with increasing Mach number, and the 1lift
coefficient for maximum lift-drag ratio also decreases with in-
creasing lach number. These trends are somewhat different from
thos¢ of reference 1 in which skin friotion was neglected. In that
case the maximum lift-drag ratio was independent of Xach number.
Bussmann in reference 6 caloulates the Mach number at which the
lift-drag ratio is maximum for certaln airfoil thicknessos.

Camber .- Table I has shown that the leading portion of an
airfoll Ténds to carry more than its share of the lift and, hence,
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it can he expected that camber, which decreases the angle of attack
of this important part of the airfoil, will desreasec the lift. In
figure 8, caloulations show that the addition of 1.25 percent camber
changes the oharacteristics glven in figure 7 for Mach number L.

The addition of camber increases the drag cocefficient at zero angle
of attaok but decreases the drag coefficient at. bigh angle of attack.
The anels of zera liff is shifted slightly but the slope of the 1lift
ecurve rcmains essentially the seme., It is sipnificant that the
shift obtained &s & result of cumber af suvcrsonic speeds is opposlte
in dircction to the shift obiained at gubsonic sveeds. This result
indicates thit u combcred wing will experisnce a changs 1n the angle
for zero lift in acceleranting through the spced of sound. The
addition of camber decreuses the. lift-dreag ratlo ot low angles of
atteok snd increases it at high angles icf attack.

A comparison of the anrle of attuds for zero 1lift as calculated
by the Aclerct mathod (rcference 1), &g calculated by Lke shock-
cxoansion method of reference 3, and &d determinod experimentally
by refleronce 7 is prescnted in table II. Thus,

TABLE II.~ AWGLE OF (TTACK FOR ZERC LIFT AT IACKH NUMBEIR 2.13

j )
Angle of garo 1ift, deg |

Airfoil shavpe o s

Shook- |
Ackeret exponsion i
theory mothod ! Exmerimental
[reference 1) | {refercnoc %) | {reference 7)
Zﬂf ,/”7/,f 7.G.2
""'—'f-d-.:'——“‘ et
7 G. Uy
Y S .
-:*_T._L* BT I Vous v, 0 .M,_ .145
O '28 .26
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The shock-expsnsion method (reference 3) shows better agrae-
ment with ezveriment than she Aciteret method as far as the effect
of capt:r is conmcorned. Theoretically, e slight error might be e
exvscted for the G.7U.3 airfoil because of the interferonce of
shock and expansion waves due to the continuous surface curvature;
howewex, tne error scems to be of very low magnitude.

In connection with table II 1t might be well to
point out that higher order terms have been developsd
by other authors which, when added to the hckeret
theory, predict somo effect of camber on 1lift,

Ailerons.- In order to dumonctrute thc effect ol ailurons on
suverscnic airfoils, results are given in figure ¢ to show the
eileron effectiveness factor for & S5-percent-thick diamond-shape
airfoil at a Vach number of L us & function of the ratio of aileron
chord to airfoil zherd. For comparison, a curve for the same
eirfoil Is given for the suhsonis (incompressible-Slow) condition
(M = 0) , as well as one obtained by Ackeret's methed. The

eileron effoctiveness fuetors EEEZEE. are shown %o be much

do Z/Id}l
lower et supcrsonic speeds than at sngads where thers are no
comprecsitility effects. These values nre also slizhtly lowsr than
those obbtaincd by the Ackerct method. TFor instance, a 20-percent-
chord aileron at Yach rumbsr L has anproximetuly the same effective-
mess faoctor as a l-percent~chord =2iléron at low subesonic speeds.
This result indicates that thke helix angle of an airplane in
rolling will probably be wuch less af supersonic speeds thun the
helix anglc desrribed by wirplares at low subsonic speeds. At
these speeds the aileron influcnces the wing ahead of it, bubt at
sunarsonic specds the aileron slcone is affzcted. In _fact, the
wirg At supersonic sneeds luaves the sileron in low-dsunsity air, snd
thus the effectiviness is deucrsassd to volucs lower thawv might
otherwise be expeoted. The actual effuctiveness varies for
differeut airfoll shapes und thickness ratios. Figure 10 gives
& curve of the variation of sectien 1ift ocoefficient dae to aileron
deflection and figure 11 gives the slope of this curve; a slight
inerease in aileron cffectiveness with incrcasing deflection is
indicsated.

The section pitching-mcment ocoefficient sabout the midechord

°m . 868 function of ailzrom dnfluction & is.shown in figure 12.

2 C S
In figure 13 the slore of this curve dcp _ /ﬁé is plotted against

* 3G

aileron deflection and shows an increased rate of chunge of pitehing-
roment ccefficient wikbh inecreesirt aileron ceflesction, The
pitching-moment co.fficient about the midchord is plotted in figure -
as a function of angle of attack for constant aileron deflection.
The absolute value of ths vitehing-moment coefficient is shown to
decrease with increasirg angle of sttask for a dovwmwird aileron
defleoktion of 10° at W = L,
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CONCLUSIONS

Calculations made by thc shock~expansion method o determine
the asrodynamic characteristics of supersonic airfoils indleated
the following conclusions:

1, Uncamhered double-wedge airfeils having the maximum thick-
ness at midchord will have thoir centers of vressure ahead of
the S50=-pearcent chord at high supersonla speeds, but this center
of pressure will approach midchord as the Mach number is lowered
toward 1.0, Airfoils having their maximum thioknecss near the
trailing cdge will heve the center of pressure near ths midchord
ut all supersonic speeds provided the engle of attack is not
sufficicnt to cause the shock wave to separate from the lemding edga.

2. The pressure-drag cocfficient end the 1lift cocfficient for

the same angle of attack decreasc in & similar manner with increasing

Yach number, and thus their ratio is essentially ccnstant with Mach
number. The addition of s constant skin-friction drag ccefficlient
results in & decrease in the lift-drag rutlo with inecreasing

Mach number

5« The optimum location of marimuwn thickness for a given
thickness ratio to give minimum drag depends on airfoil shape and
frec«stream Mach number. For double-wedge airfoils the optimum
rogition of maximum thickness is near the trailing edge at very
high Yach numbers; however, the ovtimum position approaches the
midchord as bths speed is decreased toward a Mach number of 1.0.

L. The eileron effectivensss factor is lower when estimated by
the shock~expansion method than when estimnted by the Ackerct methoed.

5. A commarison of theoretical end experimental valucs of the
angle of zero 1lift suggestwm that the present method of calculation
is & considerably closer aoproximatlon than Ackerst's method,

Langley Memorial Asronautical Laboratery
Notional Adviscry Committee for Aeroneautins
Langley Field, Va., July 18, 1946
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Angle of attaock, @, deg

Figure 4.~ Effect of angle of attack of airfoll section on section pitch:lng-
moment soafficient with 20 percent chord alleron deflected 20° at

My ® 4o tpay at mldchord, 5 percent; oamber, O,
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